
  

 

 



 

 

 



 

 

 

 

  



 

 

 



 

 

 



 

 



 

 



 

 

 



 

 

α



 

 

γ



 

 

 



 

 

 

 

 

 

 

 



 

 

 

 



 

 

 

• 

• 

• 

• 
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• 
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• 𝛾 = 1.4

• 𝑅 = 287 𝐽/𝑘𝑔 ∙ 𝐾

• 𝐶𝑃 𝑐𝑜𝑙𝑑 = 1005 𝐽/𝑘𝑔 ∙ 𝐾

• 𝐶𝑃 ℎ𝑜𝑡 = 1170 𝐽/𝑘𝑔 ∙ 𝐾

• 𝐿 = 44 ∙ 106 𝐽/𝑘𝑔

• 𝐵𝑃𝑅 = 1.2

• 𝑂𝑃𝑅 = 23.5

• 𝑟𝑐 𝑓𝑎𝑛 = 1.2

• 𝐷 = 0.72 𝑚

• 𝑇𝐼𝑇 = 1600 𝐾

• 𝐴𝐵𝑇 = 2500 𝐾

• 𝜂𝑎 = 82%

• 𝜂𝑎 = 87%



 

 

• 

• 

• 

• 

• 

• 

• 

 

 



 

 

• 

𝑇𝑎 [𝐾] = 288.15 − 0.0065 ∙ ℎ

𝑃𝑎  [𝑃𝑎] = 101325 ∙ (1 − 22.558 × 10−6 ∙ ℎ)5.2559

𝜌𝑎  [𝑘𝑔/𝑚3] = 1.225 ∙ (1 − 22.558 × 10−6 ∙ ℎ)4.2559

• 

𝑇𝑎 [𝐾] = 216.65

𝑃𝑎  [𝑃𝑎] = 0.3639𝑒−157.69×10−6(ℎ−11000𝑚)

𝜌𝑎  [𝑃𝑎] = 22632𝑒−157.69×10−6(ℎ−11000𝑚)

 



 

 

𝑇01 = (1 +
𝛾 − 1

2
𝑀2) 𝑇𝑎

𝑃01 = (1 +
𝛾 − 1

2
𝑀2)

𝛾
𝛾−1⁄

𝑃𝑎

• 

𝑃02 = 𝜂𝑖𝑛𝑙𝑒𝑡 ∙ 𝑃01

• 

𝑃02 = 𝜂𝑖𝑛𝑙𝑒𝑡 ∙ (1 − 0.75[𝑀 − 1]1.35) ∙ 𝑃01



 

 

𝑇02 = 𝑇01

 

𝑃03 = 𝑃02 ∗ 𝑟𝑐 𝑓𝑎𝑛

𝑇03 = [
𝑟
𝑐 𝑓𝑎𝑛

𝛾−1
𝛾⁄

− 1

𝜂𝑐𝑜𝑚𝑝𝑟𝑒𝑠𝑠𝑜𝑟
+ 1] ∗ 𝑇02

�̇�𝑝 =
�̇�𝑎

𝐵𝑃𝑅 + 1

�̇�𝑠 =
�̇�𝑎

1 + 1
𝐵𝑃𝑅⁄

 



 

 

𝑟𝑐 = 𝑂𝑃𝑅/𝑟𝑐 𝑓𝑎𝑛

𝑃04 = 𝑃04 ∗ 𝑟𝑐 

𝑇04 = [
𝑟𝑐

𝛾−1
𝛾⁄

− 1

𝜂𝑐𝑜𝑚𝑝𝑟𝑒𝑠𝑠𝑜𝑟
+ 1] ∗ 𝑇03

�̇�𝑝 = �̇�𝑝 ∗ 0.82

 

𝑓 =
(𝑇𝐼𝑇 − 𝑇04) ∙ 𝐶𝑃 ℎ𝑜𝑡

𝐿 − (𝑇𝐼𝑇 − 𝑇04) ∙ 𝐶𝑃 ℎ𝑜𝑡
 

�̇�𝑓 = 𝑓 ∙ �̇�𝑝

𝑃05 = 𝑃04 ∗ 0.95



 

 

 

𝑇′05 = 𝑇𝐼𝑇 −
𝑇04 − 𝑇03

1 + 𝑓

𝐶𝑃 𝑐𝑜𝑙𝑑

𝐶𝑃 ℎ𝑜𝑡

𝑃′05 = [

𝑇′
05

𝑇𝐼𝑇⁄ − 1

𝜂𝑡𝑢𝑟𝑏𝑖𝑛𝑒
+ 1]

𝛾
𝛾−1⁄

∙ 𝑃05

 

𝑇06 = 𝑇′05 − (𝑇03 − 𝑇02) ∗
𝐵𝑃𝑅 + 1

1 + 𝑓

𝐶𝑃 𝑐𝑜𝑙𝑑

𝐶𝑃 ℎ𝑜𝑡

𝑃06 = [

𝑇06
𝑇′05

⁄ − 1

𝜂𝑡𝑢𝑟𝑏𝑖𝑛𝑒
+ 1]

𝛾
𝛾−1⁄

∙ 𝑃′05



 

 

 

𝑃′06 = 𝑃06 = 𝑃07

𝑇′06 = 𝑇06 = 𝑇07

• 

𝑇07

𝑇7
= (1 +

𝛾 − 1

2
𝑀𝑒

2) = 1.2 → 𝑇7 =  𝑇𝑒 = 𝐸𝐺𝑇 =
𝑇07

1.2

𝑃07 

𝑃7
=

1

𝑇07

𝑇7

𝛾
𝛾−1⁄

= 1.893 →  𝑃7 = 𝑃𝑒 =
𝑃07 

1.893

𝑉𝑒 = 𝑎 ∗ 𝑀𝑒 = 1 ∙ √𝐸𝐺𝑇 ∙ 𝑅 ∙ 𝛾

𝜌𝑒 =
𝑃𝑒

𝑅 ∙ 𝐸𝐺𝑇



 

 

 

𝑇′06 = 𝑇07 = 𝐴𝐵𝑇

𝑃′06 = 𝑃07 = 𝑃06 ∗ 0.92

𝑓𝑎𝑏 =
(1 + 𝐵𝑃𝑅)𝐶𝑃 ℎ𝑜𝑡 ∙ 𝐴𝐵𝑇

𝐿
−

𝑇06 ∙ 𝐶𝑃 ℎ𝑜𝑡

𝐿
−

𝐵𝑃𝑅 ∙ 𝐶𝑃 𝑐𝑜𝑙𝑑 ∙ 𝑇03

𝐿

�̇�𝑓𝑎𝑏 = 𝑓𝑎𝑏 ∙ �̇�𝑝

 

 



 

 

𝐴𝑒 = (�̇�𝑝 + �̇�𝑠 + �̇�𝑓) ∙
√𝑇07

𝑃07
∙ √

𝑅

𝛾
∙ (

𝛾 + 1

2
)

𝛾+1
2(𝛾−1)

𝑇 = (�̇�𝑝 + �̇�𝑠 + �̇�𝑓)𝑉𝑒 − �̇�𝑎 ∙ 𝑉0 + (𝑃𝑒 − 𝑃𝑎)𝐴𝑒

𝑇𝑆𝐹𝐶 =
�̇�𝑓

𝑇

 

𝐴𝑒 𝑎𝑏 = (�̇�𝑝 + �̇�𝑠 + �̇�𝑓 + �̇�𝑓 𝑎𝑏) ∙
√𝐴𝐵𝑇

𝑃07
∙ √

𝑅

𝛾
∙ (

𝛾 + 1

2
)

𝛾+1
2(𝛾−1)

𝑇𝑎𝑏 = (�̇�𝑝 + �̇�𝑠 + �̇�𝑓 + �̇�𝑓 𝑎𝑏)𝑉𝑒 𝑎𝑏 − �̇�𝑎 ∙ 𝑉0 + (𝑃𝑒 𝑎𝑏 − 𝑃𝑎)𝐴𝑒 𝑎𝑏

𝑇𝑆𝐹𝐶𝑎𝑏 =
�̇�𝑓 + �̇�𝑓 𝑎𝑏

𝑇𝑎𝑏



 

 

 



 

 

 



 

 



 

 

 



 

 

 



 

 

 



 

 



 

 

 

𝑁𝑃𝑅 =  
𝑃𝑡

𝑃𝑎



 

 

 



 

 

 

 

 



 

 

• 

• 

• 

• 

• 

• 

• 

• 

• 

 

• 



 

 

𝑁𝑃𝑅 =

𝑃0𝑒 𝑃𝑎⁄

• 

• 



 

 

 

𝜂𝑎 =
𝐴𝑐𝑡𝑢𝑎𝑙 𝐸𝑛𝑡ℎ𝑎𝑙𝑝𝑦 𝐶ℎ𝑎𝑛𝑔𝑒

𝐼𝑑𝑒𝑎𝑙 𝐸𝑛𝑡ℎ𝑎𝑙𝑝𝑦 𝐶ℎ𝑎𝑛𝑔𝑒



 

 

𝐶𝑉 =
𝐴𝑐𝑡𝑢𝑎𝑙 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦

𝐼𝑑𝑒𝑎𝑙 𝑉𝑒𝑙𝑜𝑐𝑖𝑡𝑦

𝐹𝑖 = �̇�𝑒 ∙ 𝑉𝑒

𝐹𝑖 = 𝛾 ∙ 𝑃𝑎 ∙ 𝑀𝑒
2 ∙ 𝐴𝑒

𝐶𝐹 =
𝐹𝑖

𝑃0𝑒 ∙ 𝐴𝑡
= 𝑀𝑒

2 (
𝑃𝑎

𝑃0𝑒
) (

𝐴𝑒

𝐴𝑡
) 𝛾

𝐹𝑔 = �̇�𝑒 ∙ 𝑉𝑒 + (𝑃𝑒 − 𝑃𝑎)𝐴𝑒

𝐶𝐹 𝑔 =
𝐹𝑔 𝑎𝑐𝑡𝑢𝑎𝑙

𝐹𝑔 𝑖𝑑𝑒𝑎𝑙



 

 

𝐶𝑑 =
𝐴𝑐𝑡𝑢𝑎𝑙 𝑓𝑙𝑜𝑤 𝑟𝑎𝑡𝑒

𝐼𝑑𝑒𝑎𝑙 𝑓𝑙𝑜𝑤 𝑟𝑎𝑡𝑒

𝐶𝑑 =
𝜌𝑡𝑉𝑡𝐴𝑡

𝜌𝑡𝑉𝑡𝐴𝑡 𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
=

𝐴𝑡

𝐴𝑡 𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒

𝜂𝐹 =
𝐴𝑐𝑡𝑢𝑎𝑙 𝐺𝑟𝑜𝑠𝑠 𝑇ℎ𝑟𝑢𝑠𝑡

𝐼𝑑𝑒𝑎𝑙 𝐺𝑟𝑜𝑠𝑠 𝑇ℎ𝑟𝑢𝑠𝑡
 

 

𝑑𝑃0

𝑃0
=  −

𝛾

2
𝑀2𝐶𝑓

𝑃𝑤

𝐴
𝑑𝑥 



 

 

𝜆 =
1 + cos 𝛼

2

α

α



 

 

• 



 

 

• 



 

 



 

 



 

 

• 

• 

• 

• 

 



 

 

• 

𝐹𝑔 = 𝐶𝑉𝐶𝜃𝛾𝑃𝑒𝑀𝑒
2𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 + (𝑃𝑒 − 𝑃𝑎)𝐴𝑒

𝐹𝑔

𝑃0𝑒𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
= 𝐶𝑉𝐶𝜃𝛾

𝑃𝑒

𝑃0𝑒
𝑀𝑒

2 +
1

𝐶𝑑
(

𝑃𝑒

𝑃0𝑒
−

𝑃𝑎

𝑃0𝑒
)

𝜂𝐹 =
𝐶𝐹 𝑔

𝐶𝐹 𝑔,𝑖𝑑𝑒𝑎𝑙
=

𝐶𝑉𝐶𝜃𝛾
𝑃𝑒

𝑃0𝑒
𝑀𝑒

2 +
1

𝐶𝑑
(

𝑃𝑒

𝑃0𝑒
−

𝑃𝑎

𝑃0𝑒
)

(
𝐹𝑖

𝑃0𝑒𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
)

𝐹𝑖

𝑃0𝑒𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
= {

2𝛾2

𝛾 − 1
(

2

𝛾 + 1
)

𝛾+1
𝛾−1

[1 − (
𝑃𝑎

𝑃0𝑒
)

𝛾−1
𝛾

]}

1/2



 

 



 

 

• 

𝐹𝑔

𝑃0𝑡𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
= 𝐶𝑉𝜆𝛾

𝑃𝑒

𝑃0𝑡
[
𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 

𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
] 𝑀𝑒

2 +
1

𝐶𝑑,𝑡
(

𝐴𝑒

𝐴𝑡
) (

𝑃𝑒

𝑃0𝑡
−

𝑃𝑎

𝑃0𝑡
)

λ



 

 

𝐹𝑔

𝑃0𝑡𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
= {𝐶𝑉𝜆𝛾

𝑃𝑒

𝑃0𝑡
[
𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 

𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
] 𝑀𝑒

2 +  
1

𝐶𝑑,𝑡
(

𝐴𝑒

𝐴𝑡
) (

𝑃𝑒

𝑃0𝑡
) }

−
1

𝐶𝑑,𝑡
(

𝐴𝑒

𝐴𝑡
) (

𝑃𝑎

𝑃0𝑡
)

𝜂𝐹 =
𝐶𝐹 𝑔

𝐶𝐹 𝑔,𝑖𝑑𝑒𝑎𝑙
=

𝐶𝑉𝜆𝛾
𝑃𝑒

𝑃0𝑡
[
𝐴𝑒,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 

𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
] 𝑀𝑒

2 +
1

𝐶𝑑
(

𝐴𝑒

𝐴𝑡
) (

𝑃𝑒

𝑃0𝑡
−

𝑃𝑎

𝑃0𝑒
)

(
𝐹𝑖

𝑃0𝑡𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
)

𝐹𝑖

𝑃0𝑡𝐴𝑡,𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒
=  {

2𝛾2

𝛾 − 1
(

2

𝛾 + 1
)

𝛾+1
𝛾−1

[1 − (
𝑃𝑎

𝑃0𝑡
)

𝛾−1
𝛾

]}

1/2

 

𝑃𝑉 = 𝑚𝑅𝑇



 

 

𝑇0𝑖

𝑇𝑖
= 1 +

𝛾 − 1

2
𝑀𝑖

2

𝑇0𝑖 = 𝑇𝑖 +
1

2

𝑣𝑖
2

𝐶𝑃
=

ℎ0𝑖

𝐶𝑃

𝑃0𝑖

𝑃𝑖
= [1 +

𝛾 − 1

2
𝑀𝑖

2]

𝛾
𝛾−1

𝑇0𝑖

𝑇𝑖
= (

𝑃0𝑖

𝑃𝑖
)

𝛾−1
𝛾

�̇�𝑖 = 𝐴𝑖√
𝛾

𝑅

𝑃0𝑖

√𝑇0𝑖

𝑀𝑖

[1 +
𝛾 − 1

2 𝑀𝑖
2]

𝛾+1
2(𝛾−1)

𝑎 = √𝛾𝑅𝑇

𝜌𝑣𝐴 = 𝑐𝑡𝑒



 

 

𝐴∗

𝐴𝑖
= 𝑀𝑖 [

𝛾 + 1
2

1 +
𝛾 − 1

2 𝑀𝑖
2

]

𝛾+1
2(𝛾−1)

γ

γ = 1.4

γ = 1.4



 

 

 

 

 

 

 



 

 

• 

• 

 



 

 



 

 

𝑎(𝑥) =
𝑥

𝐿
𝑎 +

𝐿 − 𝑥

𝐿
𝐴

𝐴(𝑥) = 𝑎(𝑥)𝑏 = [
𝑥

𝐿
𝑎 +

𝐿 − 𝑥

𝐿
𝐴] 𝑏

�̅� =
𝑥

𝐿

𝐴(�̅�) = [�̅�𝑎 + (1 − �̅�)𝐴]𝑏

�̅�

0 <
𝐴𝑒

𝐴(�̅�)
≤ 1

�̅�

• 

• 



 

 

• �̅� = 0 𝐴(0) = 𝐴𝑓𝑎𝑛 = 40715𝑚2 → 𝑀(0) = 0.15

• �̅� = 1 𝐴(1) = 𝐴𝑒 = 0.1042𝑚2 → 𝑀(1) = 1

• �̅� = 0 𝐴(0) = 𝐴𝑓𝑎𝑛 = 40715𝑚2 = 𝐴𝑏 → 𝐴 = 0.565𝑚

• �̅� = 1 𝐴(1) = 𝐴𝑒 = 0.1042𝑚2 = 𝑎𝑏 → 𝑎 = 0.14472𝑚

𝐴(�̅�) = [�̅� ∙ 0.14472𝑚 + (1 − �̅�) ∙ 0.565𝑚] ∙ 0.72𝑚

𝐴(�̅�) = [�̅� ∙ 0.2426𝑚 + (1 − �̅�) ∙ 0.565𝑚] ∙ 0.72𝑚



 

 



 

 

 

 



 

 



 

 



 

 

• 

• 



 

 

∫ 𝑓(𝑥)𝑑𝑥
𝑏

𝑎

≈ ∑
𝑓(𝑥𝑘−1) + 𝑓(𝑥𝑘)

2
× (𝑥𝑘

𝑁

𝑘=1

− 𝑥𝑘−1)

• 

• 

• 

• 

• 

𝑃 = 𝑃′
𝑉

𝐻



 

 



 

 

• 

• 

θ

𝜃 = sin−1
𝐴/2 − 𝑎 2⁄

𝐿

• θ

• θ



 

 

𝐼𝑧 =
𝑏𝑡3

12
= 1,620,000 𝑚𝑚4



 

 

𝜎𝑚𝑎𝑥 =
𝑀𝑚𝑎𝑥 ∙ 𝑐

𝐼𝑧
= 321.51 𝑀𝑃𝑎

 

𝜏𝑚𝑎𝑥 =
1.5𝑉𝑚𝑎𝑥

𝐴
= 11.8𝑀𝑃𝑎 

𝜎𝑣𝑚 = √𝜎
𝑥⬚
2 −  𝜎𝑥𝜎𝑦 + 𝜎𝑦

2 + 3𝜏𝑥𝑦
2

𝜎𝑣𝑚 = √𝜎𝑚𝑎𝑥
2 + 3𝜏𝑚𝑎𝑥

2 = 322.15𝑀𝑃𝑎

• 

• 

• 

• 

• 

• 



 

 

• 

• 

• 

• 

• 

• 

• 

• 

• 

𝜎𝑎𝑙𝑙𝑜𝑤𝑎𝑏𝑙𝑒 =
𝜎𝑦

𝑆𝐹
=

550 𝑀𝑃𝑎

1.5
= 366.6 𝑀𝑃𝑎



 

 

𝑡 ≥  √
6 ∙ 𝑀𝑚𝑎𝑥

𝑏 ∙ 𝜎𝑎𝑙𝑙𝑜𝑤𝑎𝑏𝑙𝑒



 

 

• 

• 

𝐼𝑧 ≥
𝑀𝑚𝑎𝑥 ∙ 𝑐

𝜎𝑎𝑙𝑙𝑜𝑤𝑎𝑏𝑙𝑒
= 1,420,744.681𝑚𝑚4
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𝐾𝑡 =
𝜎𝑚𝑎𝑥

𝜎𝑎𝑣𝑒
=

510.91 𝑀𝑃𝑎

72.62 𝑀𝑃𝑎
= 7.035



 

 

 

𝑃𝑖𝑛 = 𝑃𝑜𝑢𝑡

𝑉

𝐻
→

𝑃𝑜𝑢𝑡

𝑃𝑖𝑛
=

𝐻

𝑉

𝑀𝐴 = 0 = 𝐹𝑝 ∙ 0.45𝐿 − 𝑃𝑜𝑢𝑡 ∙ ℎ → 𝑃𝑜𝑢𝑡 = 𝐹𝑝

0.45𝐿

ℎ
 

𝑃𝑖𝑛 = 𝐹𝑝

0.45𝐿

ℎ

𝑉

𝐻
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#Complete Thermodynamic Cycle Analysis of turbofan engine with and 

without afterburner: 

 

#Import working libraries: 

import matplotlib.pyplot as plt 

import numpy as np 

 

#Start by setting sea level conditions: 

P_MSL= 101325 #Pascals [Pa] 

T_MSL= 288.15 #Kelvin [K] 

D_MSL = 1.225 #[kg/m^3] 

 

#Define Constants (idealization): 

gamma = 1.4 #Specific heat ratio for air 

R = 287 #Gas constant for air [J/kg*K] 

g0 = 9.80665 #Standard acceleration due to gravity [m/s^2] 

Cp_cold= 1005 #Specific heat at constant pressure while cold [J/kg*K] 

Cp_hot = 1170 #Specific heat at constant pressure while hot [J/kg*K] 

L = 44000000 #Heating value of Kerosene (J/kg) 

 

#Define Given Data & Input Parameters: 

BPR = 1.2 #Bypass Ratio of the Engine 

OPR = 23.5 #Overall Pressure Ratio of the compressors (LPC + HPC)  

rc_fan = 1.2 #Compression Ratio of Fan section only (assumed) 

mdot_air_max = 70 #Mass flow rate of air [kg/s] 

D = 0.72 #Fan Diameter [m]  

TIT = 1600 # Turbine Inlet Temperature [K] 

ABT = 2500 #Afterburner Temperature [K] (assumed) 

altitudes = (0, 1000, 2000, 4000, 8000, 12000, 16000) #Altitude Array 

in meters 

Mach_numbers = np.linspace(0, 2, 50) #Array of Mach numbers for 

analysis 



 

 

 

#Some initial calculations/conversions: 

mdot_p_max = (mdot_air_max/(BPR+1)) #Obtain primary mass flow of air 

[kg/s] 

mdot_s_max = mdot_air_max - mdot_p_max #Obtain secondary mass flow of 

air [kg/s] 

A_fan = np.pi*(D/2)**2 #Calculate Fan Area [m^2] 

rc = OPR/rc_fan 

V_MSL_M0= mdot_air_max/(A_fan*D_MSL) 

 

#Define ISA Equations for Temperature: 

def ISA_T(altitude): 

    if altitude < 11000: #Function up to tropopause (11km) 

        return 288.15 - 0.0065*altitude  

    else: 

        return 216.65 #Constant T after 11km  

 

#Define ISA Equations for Pressure: 

def ISA_P(altitude): 

    if altitude < 11000: #Function up to tropopause (11km) 

        return 101325 * (1 - 0.0065 * altitude / 288.15)**5.256 

    else:   #11km and beyond 

        return 22632.06 * np.exp(-0.00015769 *(altitude-11000)) 

 

#Define ISA Equations for Density: 

def ISA_D(altitude): 

    if altitude < 11000: #Function up to tropopause (11km) 

        return 1.225 *((1- 0.000022558*altitude)**4.2559) 

    else: #11km and beyond 

        return 0.3639 * np.exp(-0.00015769*(altitude-11000)) 

 

#Define Function for air mass flow rate as a function of altittude: 

def mdot_air(altitude): 



 

 

    if altitude == 0: #Function for MSL where mass flow rate is 

maximum 

        return mdot_air_max  

    else: #Function based on altitude considering change in density 

        mdot_air = A_fan*V_MSL_M0*ISA_D(altitude) 

        return mdot_air 

 

#Define Function to calculate speed of sound given temperature: 

def speed_of_sound(T): 

    return np.sqrt(R*gamma*T) 

 

#Define Function to calculate flight speed given mach number: 

def flight_speed(M,Ta): 

    a = speed_of_sound(Ta) 

    return a*M 

 

#Define Functions for Ram Effect: 

def RAM_T(M,T): 

    T01 = (1+((gamma-1)/2)*(M**2))*T #Calculates total T (T01) based 

on Mach number and ambient T (Ta) 

    return T01 

def RAM_P(M,P): 

    P01 = ((1+((gamma-1)/2)*(M**2))**(gamma/(gamma-1)))*P #Calculates 

total P (P01) based on Mach number and ambient P (Pa) 

    return P01 

 

 #Define Functions for Fan Stage (2-3): 

def fan(T01, P02, rc_fan): 

     #Considering and ideal (100% effient) inlet, no pressure losses 

    T02 = T01 #No work or heat added thus no change in total 

temperature in the inlet 

    P03 = P02*rc_fan #Calculates total pressure after fan from fan 

compression ratio 



 

 

    T03 = (((rc_fan**((gamma-1)/gamma)-1)/0.82)+1)*T02 #Calculates 

total temperature after fan from adiabatic efficiency of fan 

    return T03, P03 

 

#Define Functions for Core Compressor Stage (3-4): 

def comp(T03,P03,rc): 

    P04 = P03*rc #Calculates total pressure after core compressor from 

compressor ratio 

    T04 = (((rc**((gamma-1)/gamma)-1)/0.82)+1)*T03 #Calculates total 

temperature after core compressor from compressor efficiency 

    return T04, P04 

 

#Define Functions for Combustion Stage (4-5): 

def comb(T04, P04, TIT, L, mdot_p, Cp_hot): 

    P05 = P04*0.95 #Combustion losses of 5% 

    f = (Cp_hot*(TIT-T04))/(L-Cp_hot*(TIT-T04)) #Calculate fuel-to-air 

ratio from combustion with given Turbine Inlet Temperature 

    mdot_f = f*mdot_p #Calculate fuel flow rate during combustion 

    return P05, f, mdot_f 

 

#Define Function For HPT (5-5`): Coupling Equation with HPC 

def HPT(TIT, T04, T03, P05, Cp_hot, Cp_cold, f): 

    T05_exit = TIT-((Cp_cold/Cp_hot)*(1/(1+f))*(T04-T03))  #Calculates 

HPT outlet total temperature 

    P05_exit = P05*(((((T05_exit/TIT) -1 )/0.87)+1)**(gamma/(gamma-

1))) #Calculates HPT exit pressure with turbine efficiency 

    return T05_exit, P05_exit 

 

#Define Function for LPT (5'-6): Coupling equation with LPC (Fan): 

def LPT(T05_exit,T03, T02, P05_exit, Cp_hot, Cp_cold, f, BPR): 

    T06 = T05_exit - ((Cp_cold/Cp_hot)*((BPR+1)/(1+f))*(T03-T02)) 

#Calculates LPT outlet total temperature 



 

 

    P06 = P05_exit*(((((T06/T05_exit) -1 )/0.87)+1)**(gamma/(gamma-

1))) #Calculates LPT outlet total pressure with isentropic evolution 

    return T06, P06 

 

#Define exit nozzle function with no afterbuner(6-7): 

def nozzle(T06, P06,Pa): 

    T07 = T06 #No afterburner combustion 

    P07 = P06 #Ideal exit nozzle (no losses) 

    #Assuming that exit nozzle is choked (Me = 1): 

    Pe = P07/1.893 

    EGT = T07/1.2 #Exhaust Gas Temperature calculated considering exit 

Mach =1  

    Ve = np.sqrt(gamma*R*EGT) #Calculate exhaust speed once EGT is 

calculated considering that Mach = 1 

    De = Pe/(R*EGT) #Calculates exhaust gas density with given exit 

pressure and temperature 

 

    NPR = P07/Pa #Calculates Nozzle Pressure Ratio 

    return EGT, Pe, Ve, De, P07, NPR  

 

#Define exit nozzle function WITH afterburner (6'-7): 

def nozzle_ab(T06, ABT, P06, L, Cp_hot, mdot_p, f, BPR, T03, Pa): 

    T07 = ABT #After combustion total temperature is constant 

    P07 = P06*0.92 #Combustion losses of 8% 

    #fab = (Cp_hot*(ABT-T06)*(1+BPR+f))/(L-Cp_hot*(ABT-T06)) 

#Calculates fuel to air mxture of afterburner considering ducted fan 

mixture of air at exit nozzle 

    fab = ((1+BPR)*ABT*Cp_hot/L)-(T06*Cp_hot/L)-(BPR*Cp_cold*T03/L) 

    mdot_fab = mdot_p*fab  

     #Assuming that exit nozzle is choked (Me = 1): 

    Pe_ab = P07/1.893 

    EGT_ab = T07/1.2 #Exhaust Gas Temperature calculated considering 

exit Mach =1  



 

 

    Ve_ab = np.sqrt(gamma*R*EGT_ab) #Calculate exhaust speed once EGT 

is calculated considering that Mach = 1 

    De_ab = Pe_ab/(R*EGT_ab) #Calculates exhaust gas density with 

given exit pressure and temperature 

 

    NPR_ab = P07/Pa #Calculates Nozzle Pressure Ratio 

    return EGT_ab, Pe_ab, Ve_ab, De_ab, fab, mdot_fab, P07, NPR_ab 

 

#Define Analysis Function: 

def perform_analysis(altitudes, Mach_numbers): 

    results = [] #Results list for later appending without afterburner 

    results_ab = [] #Results list for later appending with afterburner 

    cte = 0   

 

    for altitude in altitudes: #Iterate trhough each defined altitude 

        Ta = ISA_T(altitude) 

        Pa = ISA_P(altitude) 

        rho_air = ISA_D(altitude) 

        mdot = mdot_air(altitude) 

        mdot_p = (mdot/(BPR+1))*0.9 #10 air bleed  

        mdot_s = (mdot - mdot_p) #20% bleed 

 

        print(f"Altitude: {altitude}m, Temperature: {Ta:.2f}K, 

Pressure: {Pa:.2f}Pa, Density: {rho_air:.2f}kg/m^3") #Print statement 

to check values 

 

        thrust_results = []  # Temporary list to store thrust results 

        thrust_results_ab = []  # Temporary list to store thrust 

results with afterburner 

        exit_area_results = []  # Temporary list to store exit area 

results 

        exit_area_results_ab = []  # Temporary list to store exit area 

results with afterburner 



 

 

        P0_nozzle_results = [] #Temporary List to store total pressure 

at nozzle exit 

        P0_nozzle_results_ab = [] 

        TSFC_results = [] 

        TSFC_results_ab = []   

        NPR_results = [] 

        NPR_results_ab = []   

        T0_nozzle_results = []     

 

        for Mach in Mach_numbers: #iterate through each Mach number 

            #Calculate Flight speed from given mach numbers 

            V0 = flight_speed(Mach, Ta) 

 

            #RAM effect consideration 

            T01 = RAM_T(Mach, Ta) 

            P01 = RAM_P (Mach, Pa) 

             

            if Mach > 1: 

                P02 = P01*(1-0.75*((Mach-1)**1.35)) 

            else: 

                P02 = P01  

     

            #Fan Stage (2-3) 

            T03, P03 = fan(T01, P02, rc_fan) 

             

            #Compressor Stage (3-4) 

            T04, P04 = comp(T03,P03,rc) 

         

 

            #Combustion (4-5): 

            P05, f, mdot_f = comb(T04, P04, TIT, L, mdot_p, Cp_hot) 

 

            #HPT Stage (5-5'): 



 

 

            T05_exit, P05_exit = HPT(TIT, T04, T03, P05, Cp_hot, 

Cp_cold, f) 

 

            #LPT Stage (5'-6): 

            T06, P06 = LPT(T05_exit, T03, T01, P05_exit, Cp_hot, 

Cp_cold, f, BPR) 

 

             

 

            #Nozzle Exit WITHOUT AfterBurner: 

            EGT, Pe, Ve, De, P07, NPR = nozzle(T06, P06, Pa) 

            #Exit area WITHOUT AfterBurner: 

            Ae = (mdot+ mdot_f) * (np.sqrt(T06)/P07) * 

(np.sqrt(R/gamma)) * ((gamma+1)/2)**((gamma+1)/(2*(gamma-1)))   

            #Thrust Without Afterburner 

            Thrust = ((mdot*0.7) + mdot_f)*Ve -mdot*V0 + (Pe - Pa)*Ae 

#Considering only primary flow at nozzle  

            #TSFC Without Afterburner: 

            TSFC = (mdot_f/Thrust)*3600 # [kg/N hr] 

             

            print(f"Vexit:{Ve:.2f}, T07:{T06:.2f}, P07:{P07:2f}, 

Aexit:{Ae:.2f}, EGT:{EGT:.2f},Pexit:{Pe:.2f}, mdot:{mdot+mdot_f:.2f}") 

 

            # Limit computation for the case without afterburner up to 

Mach = 0.9 

            if Mach <= 0.9: 

                thrust_results.append(Thrust) 

                exit_area_results.append(Ae) 

                P0_nozzle_results.append(P07) 

                TSFC_results.append(TSFC) 

                NPR_results.append(NPR) 

                T0_nozzle_results.append(T06) 

          



 

 

            #Nozzle Exit WITH AfterBurner: 

            EGT_ab, Pe_ab, Ve_ab, De_ab, fab, mdot_fab, P07_ab, NPR_ab 

= nozzle_ab(T06, ABT, P06, L, Cp_hot, mdot_p, f, BPR, T03, Pa) 

            #Exit area WITH Afterburner: 

            Ae_ab = (mdot+ mdot_f +mdot_fab) * (np.sqrt(ABT)/P07_ab) * 

(np.sqrt(R/gamma)) * ((gamma+1)/2)**((gamma+1)/(2*(gamma-1))) 

            #Thrust WITH AfterBurner: 

            Thrust_ab = (mdot*0.8 +mdot_f+mdot_fab)*Ve_ab - V0*mdot + 

(Pe_ab-Pa)*Ae_ab 

            Thrust_ab = max(1, Thrust_ab) 

            # TSFC WITH Afterburner: 

            TSFC_ab = ((mdot_f + mdot_fab) / Thrust_ab)*3600 # Avoid 

division by zero 

             

             

             

             

            # Append results for each Mach number 

            thrust_results_ab.append(Thrust_ab) 

            exit_area_results_ab.append(Ae_ab) 

            P0_nozzle_results_ab.append(P07_ab) 

            TSFC_results_ab.append(TSFC_ab) 

            NPR_results_ab.append(NPR_ab) 

             

 

        # Append results for each altitude 

        results.append({ 

            'altitude': altitude, 

            'thrust': thrust_results, 

            'exit_area': exit_area_results, 

            'P07' : P0_nozzle_results, 

            'TSFC_dry' : TSFC_results, 

            'NPR' : NPR_results, 

            'T06': T0_nozzle_results   



 

 

        }) 

        results_ab.append({ 

            'altitude': altitude, 

            'thrust_ab':thrust_results_ab, 

            'exit_area_ab': exit_area_results_ab, 

            'P07_AB': P0_nozzle_results_ab, 

            'TSFC_wet': TSFC_results_ab, 

            'NPR_ab' : NPR_results_ab 

        }) 

    return results, results_ab 

 

#Defining Plotting Functions 

def plot_thrust_vs_mach(results, results_ab): 

    linestyles = ['-', 'dotted'] 

    markers = ['o', 's', '^', 'D', 'v', '>', '<'] 

 

    for result in results: 

        altitude = result['altitude'] 

        thrust_results = result['thrust'] 

        Mach_numbers = np.linspace(0, 0.9, len(thrust_results))  # 

Adjusted for the limited case 

 

        marker = markers[results.index(result) % len(markers)] 

 

        plt.plot(Mach_numbers, thrust_results, 

linestyle=linestyles[0], marker=marker, label=f'Altitude {altitude}m 

(Without AB)') 

 

    for result_ab in results_ab: 

        altitude = result_ab['altitude'] 

        thrust_results_ab = result_ab['thrust_ab'] 

        Mach_numbers_ab = np.linspace(0, 2.5, 

len(thrust_results_ab))  # Full range for with afterburner 

 



 

 

        marker = markers[results_ab.index(result_ab) % len(markers)] 

 

        plt.plot(Mach_numbers_ab, thrust_results_ab, 

linestyle=linestyles[1], marker=marker, label=f'Altitude {altitude}m 

(With AB)') 

 

    plt.xlabel('Mach Number') 

    plt.ylabel('Thrust (N)') 

    plt.title('Thrust vs. Mach Number') 

    plt.legend() 

    plt.grid(True) 

    plt.show() 

 

def plot_exit_area_vs_mach(results, results_ab): 

    linestyles = ['-', 'dotted'] 

    markers = ['o', 's', '^', 'D', 'v', '>', '<'] 

 

    for result in results: 

        altitude = result['altitude'] 

        exit_area_results = result['exit_area'] 

        Mach_numbers = np.linspace(0, 0.9, len(exit_area_results))  # 

Adjusted for the limited case 

 

        marker = markers[results.index(result) % len(markers)] 

 

        plt.plot(Mach_numbers, exit_area_results, 

linestyle=linestyles[0], marker=marker, label=f'Altitude {altitude}m 

(Without AB)') 

 

    for result_ab in results_ab: 

        altitude = result_ab['altitude'] 

        exit_area_results_ab = result_ab['exit_area_ab'] 

        Mach_numbers_ab = np.linspace(0, 2.5, 

len(exit_area_results_ab))  # Full range for with afterburner 



 

 

 

        marker = markers[results_ab.index(result_ab) % len(markers)] 

 

        plt.plot(Mach_numbers_ab, exit_area_results_ab, 

linestyle=linestyles[1], marker=marker, label=f'Altitude {altitude}m 

(With AB)') 

 

    plt.xlabel('Mach Number') 

    plt.ylabel('Exit Area (m^2)') 

    plt.title('Exit Area vs. Mach Number') 

    plt.legend() 

    plt.grid(True) 

    plt.show() 

 

def plot_total_pressure_nozzle(results, results_ab): 

    linestyles = ['-', 'dotted'] 

    markers = ['o', 's', '^', 'D', 'v', '>', '<'] 

 

    for result in results: 

        altitude = result['altitude'] 

        P0_nozzle_results = result['P07'] 

        Mach_numbers = np.linspace(0, 0.9, len(P0_nozzle_results))  # 

Adjusted for the limited case 

 

        marker = markers[results.index(result) % len(markers)] 

 

        plt.plot(Mach_numbers, P0_nozzle_results, 

linestyle=linestyles[0], marker=marker, label=f'Altitude {altitude}m 

(Without AB)') 

 

    for result_ab in results_ab: 

        altitude = result_ab['altitude'] 

        P0_nozzle_results_ab = result_ab['P07_AB'] 



 

 

        Mach_numbers_ab = np.linspace(0, 2.5, 

len(P0_nozzle_results_ab))  # Full range for with afterburner 

 

        marker = markers[results_ab.index(result_ab) % len(markers)] 

 

        plt.plot(Mach_numbers_ab, P0_nozzle_results_ab, 

linestyle=linestyles[1], marker=marker, label=f'Altitude {altitude}m 

(With AB)') 

 

    plt.xlabel('Mach Number') 

    plt.ylabel('Total Pressure (Pa)') 

    plt.title('Nozzle Exit Total Pressure vs. Mach Number') 

    plt.legend() 

    plt.grid(True) 

    plt.show() 

 

def plot_TSFC(results, results_ab): 

    linestyles = ['-', 'dotted'] 

    markers = ['o', 's', '^', 'D', 'v', '>', '<'] 

 

    for result in results: 

        altitude = result['altitude'] 

        TSFC_results = result['TSFC_dry'] 

        Mach_numbers = np.linspace(0, 0.9, len(TSFC_results))  # 

Adjusted for the limited case 

 

        marker = markers[results.index(result) % len(markers)] 

 

        plt.plot(Mach_numbers, TSFC_results, linestyle=linestyles[0], 

marker=marker, label=f'Altitude {altitude}m (Without AB)') 

 

    for result_ab in results_ab: 

        altitude = result_ab['altitude'] 

        TSFC_results_ab = result_ab['TSFC_wet'] 



 

 

        Mach_numbers_ab = np.linspace(0, 2.5, len(TSFC_results_ab))  # 

Full range for with afterburner 

 

        marker = markers[results_ab.index(result_ab) % len(markers)] 

 

        plt.plot(Mach_numbers_ab, TSFC_results_ab, 

linestyle=linestyles[1], marker=marker, label=f'Altitude {altitude}m 

(With AB)') 

 

    plt.xlabel('Mach Number') 

    plt.ylabel('TSFC (kg/N hr)') 

    plt.title('TSFC vs. Mach Number') 

    plt.legend() 

    plt.grid(True) 

    plt.show() 

 

def plot_NPR(results, results_ab): 

    linestyles = ['-', 'dotted'] 

    markers = ['o', 's', '^', 'D', 'v', '>', '<'] 

 

    for result in results: 

        altitude = result['altitude'] 

        NPR_results = result['NPR'] 

        Mach_numbers = np.linspace(0, 0.9, len(NPR_results))  # 

Adjusted for the limited case 

 

        marker = markers[results.index(result) % len(markers)] 

 

        plt.plot(Mach_numbers, NPR_results, linestyle=linestyles[0], 

marker=marker, label=f'Altitude {altitude}m (Without AB)') 

 

    for result_ab in results_ab: 

        altitude = result_ab['altitude'] 



 

 

        NPR_results_ab = result_ab['NPR_ab'] 

        Mach_numbers_ab = np.linspace(0, 2.5, len(NPR_results_ab))  # 

Full range for with afterburner 

 

        marker = markers[results_ab.index(result_ab) % len(markers)] 

 

        plt.plot(Mach_numbers_ab, NPR_results_ab, 

linestyle=linestyles[1], marker=marker, label=f'Altitude {altitude}m 

(With AB)') 

 

    plt.xlabel('Mach Number') 

    plt.ylabel('Nozzle Pressure Ratio') 

    plt.title('NPR vs. Mach Number') 

    plt.legend() 

    plt.grid(True) 

    plt.show() 

     

def plot_T07(results): 

    linestyles = ['-'] 

    markers = ['o', 's', '^', 'D', 'v', '>', '<'] 

 

    for result in results: 

        altitude = result['altitude'] 

        T07_results = result['T06'] 

        Mach_numbers = np.linspace(0, 0.9, len(T07_results))  # 

Adjusted for the limited case 

 

        marker = markers[results.index(result) % len(markers)] 

 

        plt.plot(Mach_numbers, T07_results, linestyle=linestyles[0], 

marker=marker, label=f'Altitude {altitude}m (Without AB)') 

 

    plt.xlabel('Mach Number') 



 

 

    plt.ylabel('T06') 

    plt.title('T06 vs. Mach Number') 

    plt.legend() 

    plt.grid(True) 

    plt.show() 

#Perform Analysis and Plot: 

results, results_ab = perform_analysis(altitudes, Mach_numbers) 

 

plot_thrust_vs_mach(results, results_ab) 

plot_exit_area_vs_mach(results, results_ab) 

plot_total_pressure_nozzle(results,results_ab) 

plot_TSFC(results, results_ab) 

plot_NPR(results, results_ab) 

plot_T07(results) 

 



 

 



 

 

 



 

 



 

 



 

 



 

 

 



 

 

#Define X' Values from 0 to 1 

x_prime_1 = np.arange(0,0.9,0.1) 

x_prime_2 = np.arange(0.9,1,0.02) 

x_prime_3 = np.array([0.99]) 

x_prime_4 = np.array([1.0]) 

 

#Concatenate all the arrays in a single one: 

X_prime = np.concatenate((x_prime_1,x_prime_2,x_prime_3,x_prime_4)) 

#print(X_prime) for checking 

 

#Calculate Nozzle Area based on X' for DRY case: Nozzle has been 

approximated to a simple trapezoid 

A_local = (0.1447222222222*X_prime + (1-X_prime)*0.565486111)*0.72 

A_local_ab = (0.242666666666*X_prime+(1-X_prime)*0.565486111)*0.72 

#Print for checking print(A_local) print(A_local_ab) 

 

#Computing Area Ratio as a function of Mach to get visual aid: 

M = np.arange(0,5,0.1) 

Area_ratio = M * (((gamma+1)/2)/(1+(M**2)*(gamma-

1)/2))**((gamma+1)/(2*(gamma-1))) 

# Plotting 

plt.figure(figsize=(8, 6)) 

plt.plot(M, Area_ratio, color='b') 

plt.title('Area Ratio vs Mach Number') 

plt.xlabel('Mach Number') 

plt.ylabel('Area Ratio') 

plt.grid(True) 

plt.show() 

 

#Input all calculated parameters for each of the X_prime points: 



 

 

static_temp = 

[1138.52,1137.81,1136.276,1134.56,1132.67,1130.61,1125.98,1119.26,1108

.178,1082.8,1073.86,1064.425,1049.42,1025.2,1008.07,953.0333333333] 

static_press = 

[558264.45,557060.111,554430,551509.37,548304.27,544821.33,537051.1,52

5912.95,507908.9,468362.34,454956.3,441118.7,419738.53,386806.7,364649

.65,299580.92] 

flow_velocity = 

[101.45,108.18,121.624,135,148.415,161.76,188.333,221.3,266.9,349.58,3

74.41,398.925,435.06,487.77,521.87,618.81] 

#for the case WITH Afterburners: 

static_temp_ab = 

[2466.65,2461.4,2455.8,2449.82,2440.2,2429.82,2414.8,2394.22,2362.23,2

305.21,2288.37,2259.21,2234.9,2197.26,2164.72,2083.3333333333333] 

static_press_ab = 

[497782.3,494087,490157.18,486000.65,479358.82,472254.4,462115.15,4484

75.57,427851.52,392779.8,382829.47,366026.67,352466.56,332084.46,31519

0.83,275624.76] 

flow_velocity_ab = 

[258.84,278.45,298,317.48,346.56,375.47,413.7,460.98,526.01,625.04,652

.5,695.5,729.66,779.87,820.7,914.92] 

 

# Plotting for DRY CASE: 

fig, ax1 = plt.subplots(figsize=(10, 6)) 

 

# Plot static temperature 

 

color = 'tab:red' 

ax1.set_xlabel("X'") 

ax1.set_ylabel('Static Temperature [K]', color=color) 

line1, = ax1.plot(X_prime, static_temp, color=color, label='Static 

Temperature (Dry)') 

ax1.tick_params(axis='y', labelcolor=color) 

 



 

 

# Create a secondary y-axis for static pressure 

ax2 = ax1.twinx() 

color = 'orange'  # Changed color to orange for better readability 

ax2.set_ylabel('Static Pressure [Pa]', color=color) 

line2, = ax2.plot(X_prime, static_press, color=color, label='Static 

Pressure (Dry)') 

ax2.tick_params(axis='y', labelcolor=color) 

 

# Create a tertiary y-axis for velocity of flow 

ax3 = ax1.twinx() 

color = 'tab:blue' 

ax3.spines['right'].set_position(('outward', 60)) 

ax3.set_ylabel('Flow Speed [m/s]', color=color) 

line3, = ax3.plot(X_prime, flow_velocity, color=color, label='Flow 

Speed (Dry)') 

ax3.tick_params(axis='y', labelcolor=color) 

 

# Combine legends 

lines = [line1, line2, line3] 

labels = [line.get_label() for line in lines] 

ax1.legend(lines, labels, loc='center left') 

 

plt.title('Static Parameters vs X\'for the Dry Engine') 

plt.grid(True) 

plt.show() 

 

# Plotting for the case WITH afterburners 

fig2, ax4 = plt.subplots(figsize=(10, 6)) 

 

# Plot static temperature with afterburners 

color = 'tab:red' 

ax4.set_xlabel("X'") 

ax4.set_ylabel('Static Temperature [K]', color=color) 



 

 

line4, = ax4.plot(X_prime, static_temp_ab, color=color, label='Static 

Temperature (Wet)') 

ax4.tick_params(axis='y', labelcolor=color) 

 

# Create a secondary y-axis for static pressure with afterburners 

ax5 = ax4.twinx() 

color = 'orange'  # Changed color to orange for better readability 

ax5.set_ylabel('Static Pressure [Pa]', color=color) 

line5, = ax5.plot(X_prime, static_press_ab, color=color, label='Static 

Pressure (Wet)') 

ax5.tick_params(axis='y', labelcolor=color) 

 

# Create a tertiary y-axis for velocity of flow with afterburners 

ax6 = ax4.twinx() 

color = 'tab:blue' 

ax6.spines['right'].set_position(('outward', 60)) 

ax6.set_ylabel('Flow Speed [m/s]', color=color) 

line6, = ax6.plot(X_prime, flow_velocity_ab, color=color, label='Flow 

Speed (Wet)') 

ax6.tick_params(axis='y', labelcolor=color) 

 

# Combine legends for the case WITH afterburners 

lines4, labels4 = ax4.get_legend_handles_labels() 

lines5, labels5 = ax5.get_legend_handles_labels() 

lines6, labels6 = ax6.get_legend_handles_labels() 

ax4.legend(lines4 + lines5 + lines6, labels4 + labels5 + labels6, 

loc='center left') 

 

plt.title('Static Parameters vs X\' for the Wet Engine') 

plt.grid(True) 

plt.show() 



 

 



 

 

 



 

 

 



 

 



 

 

 



 

 

 



 

 

 



 

 



 

 

 



 

 

 

 

 



 

 

 



 

 


